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Abstract
Nowadays there is international consensus that space activities must be
managed to minimize debris generation and risk. The paper presents a
method for the end-of-life (EoL) disposal of spacecraft in high elliptical orbits
(HEO). The time evolution of HEO is strongly affected by Earth’s oblateness
and luni-solar perturbation, and this can cause in the long-term to extended
interferences with low Earth orbit (LEO) protected region and uncontrolled
Earth re-entry. An EoL disposal concept that exploits the effect of orbital
perturbations to reduce the disposal cost is presented. The problem is formu-
lated as a multiobjective optimization problem, which is solved with an evo-
lutionary algorithm. To explore at the best the search space a semi-analytical
orbit propagator, which allows the propagation of the orbit motion for 100
years in few seconds, is adopted. The EoL disposal of the INTErnational
Gamma-Ray Astrophysics Laboratory (INTEGRAL) mission is used as a
practical test-case to show the effectiveness of the proposed methodology.
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1. Introduction
The awareness of the risk of uncontrolled accumulation of man-made ob-
jects in orbit around the Earth became significant in the late 70s. In 1978
Donald J. Kessler tackled for the first time the problem of the collision be-
tween orbiting objects (Kessler and Cour-Palais, 1978). Nowadays there is
international consensus that space activities must be managed to minimise
debris generation and risk. This consensus is embodied in space debris miti-
gation guidelines published by various organisations such as the Inter-Agency
Space Debris Coordination Committee (IADC, 2007) and the United Nations
(UN, 2002). These led to a voluntary international standard for debris miti-
gation (ISO 24113) and several standards and technical reports.
The general aim of space debris mitigation is to reduce the growth of space
debris by ensuring that space systems are designed, operated, and disposed
of in a manner that prevents them from generating debris throughout their
orbital lifetime. To this aim, a set of guidelines for mission planning, de-
sign, manufacture and operational (launch, mission, and disposal) phases of
spacecraft and launch vehicle orbital stages have been defined. Of particular
importance for this work is the constraint of limiting a long-term presence of
spacecraft and launch vehicle orbital stages in LEO and geostationary Earth
orbit (GEO) regions after the end of their mission. If a mission violates this
constraint, EoL disposal maneuvers have to be planned and executed. Two
options are available: re-entering the spacecraft in Earth’s atmosphere (with
limited threats to people and properties) or changing the spacecraft orbit to
avoid the long-term interaction with protected regions (known as graveyard
orbit option).
This paper presents options for the design of EoL maneuvers for HEO
missions. HEO generically refers to an orbit about the Earth with an ec-
centricity above 0.5. HEOs have been used and are currently used for space
applications for two main reasons (Eismont et al., 2003; Jansen et al., 2001;
Weisskopf et al., 2000; Kidder and Vonder Haar, 1990)
1. to keep the spacecraft outside the radiation belts surrounding the Earth.
These radiation belts are filled with highly energetic particles and ex-
tend out to about 40000 km from the Earth. The radiation of the ac-
celerated particles can cause both damage to science instruments and
false readings. Highly elliptical orbits allow a spacecraft to fly outside
the radiation belts for a large percentage of the orbit, thus maximizing
the scientific return of the mission.
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2. to permit telecommunications with high latitude regions of the Earth.
For example, a satellite in a Molniya orbit is better suited to commu-
nications in these regions because it looks directly down on them, thus
avoiding the signal to be blocked by obstacles.
As additional feature, the orbital period of HEO mission is usually selected
to be commensurable with Earth’s rotation period in order to optimize the
contact with ground stations.
To time no guidelines have been specifically defined for HEO missions EoL
disposal. Recent studies (Di Mauro et al., 2013; Colombo et al., 2013) have
shown that there is no need to define a HEO protected region, mainly because
the region 1) has and will continue to have very low spacecraft density 2)
does not have unique features as LEO and GEO. Nevertheless, in (Di Mauro
et al., 2013) it was shown that orbital perturbations (mainly luni-solar per-
turbation) can cause the long-term interference of HEO with LEO and GEO,
and uncontrolled Earth re-entry with associated high casualty risks (most of
HEO spacecraft are heavy telescopes). As a result, it is obvious that EoL
disposal strategies must be analyzed and later implemented.
The paper specifically focuses on the design of disposal strategies that ex-
ploit the long-term effect of perturbations to design EoL disposal maneuvers.
The motion of HEO with high apogee is mainly affected by Earth’s oblateness
and luni-solar perturbations (Blitzer, 1970). The literature on the systematic
design of HEO disposal is limited, to the authors’ knowledge, to the work of
Colombo et al. (as in Colombo et al. (2014a)), in which the combination of
a semi-analytical (SA) propagator and a global optimizer was used to design
re-entry trajectory for INTEGRAL mission.
In this work two options for disposal are considered: Earth’s re-entry and
disposal on graveyard orbit. In both cases the problem is formulated as a
global multiobjective optimization one, solved with a multiobjective parti-
cle swarm optimizer (MOPSO). This allows us to enrich the optimization
problem with additional considerations (as impact latitude maximization for
Earth’s re-entry to limit the casualty risk), and to obtain sets of Pareto op-
timal solutions rather than a single best solution. In order to better explore
the search domain a SA propagator, which can propagate a HEO orbit for
hundred years in few seconds, is adopted. The validity of the results is then
proved by verifying some of the solutions using a high fidelity numerical prop-
agator. As in (Colombo et al., 2014a), the INTEGRAL mission is used as test
case, and thus the proposed approach is applicable to missions with similar
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orbital parameters (i.e. large semi-major axis, eccentricity, and inclination).
The remainder of the paper is organized as follows. First a description of
the orbital propagators used in this work is given. In Sec. 3 the algorithm for
the solution of the multi-objective optimization problem is briefly presented.
The description of the mathematical formulation of the disposal problem for
both Earth re-entry and graveyard orbit is detailed in Sec. 4, followed by
the solutions for the INTEGRAL case in Sec. 5. Final remarks are made in
Sec. 6.
2. Trajectory propagators
Trajectory propagation is the core element for the study of long-term evo-
lution of orbital dynamics. Within this work two different orbital propagators
are used: a SA propagator and a high fidelity propagator. The SA propaga-
tor is used in the design phase of the disposal, as it enables the propagation
of orbits for 100 years in few seconds. The high fidelity propagator is used to
provide the initial conditions at the disposal epoch and to verify the validity
of the disposal options design with the SA propagator.
2.1. Semi-analytical propagator
With the aim of a fast understanding of the long-term orbit evolution,
a semi-analytical theory has been implemented for the propagation of the
orbit mean elements. A sketch of the influence of different perturbations in
the Earth’s space environment is depicted in Fig. 1 (after Montenbruck and
Gill, 2000), where the distance corresponding to different tesseral resonances
is highlighted with vertical gray lines.
Following Di Mauro et al. (2013), because of the particular characteris-
tics of HEO, the following perturbations may have an influence in the orbit
long-term dynamics: zonal harmonics up to J8, resonant tesseral harmonics,
lunisolar perturbation, solar radiation pressure, drag.
However, in order to speed computations the model has been simplified
to the main perturbations, which in the case of the HEO missions like IN-
TEGRAL are those of gravitational origin, where the disturbing effects of
the third-body perturbation are modelled by the first term of the Legendre
polynomials expansion for the Sun, whereas this expansion is extended up
to the fifth term in the case of the Moon. Besides, the effect of the 1:3
tesseral resonance is neglected after checking that it does not modify the
main frequencies of the orbit evolution.
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Figure 1: Magnitude of different perturbations with respect to the Keplerian attraction.
SRP stands for solar radiation pressure, and A/M is the area to mass ratio.
The semi-analytical theory has been constructed using Deprit’s algorithm
by Lie transforms (Deprit, 1969), where short-periodic terms related to the
mean anomaly of the satellite are removed by averaging. This averaging is
carried out in closed form, thus remaining valid for any eccentricity below
one (see Coffey et al., 1996; Lara et al., 2012, for instance). The lunisolar per-
turbations modelled by the theory rely on Chapront’s analytical ephemerides
(Chapront-Touze and Chapront, 1988; Chapront and Francou, 2003), whose
precision is enough for the aim of the theory (cf Meeus, 1998, Ch. 47).
2.2. Numerical propagator
The numerical propagator AIDA (Accurate Integrator for Debris Analysis)
is used to provide the spacecraft initial state at disposal epoch and to verify
some of the solutions obtained via the SA approach. The perturbations
included in AIDA are the geopotential acceleration, atmospheric drag, solar
radiation pressure, and third-body gravity.
The gravitational model selected for the numerical propagator is EGM2008
(Pavlis et al., 2012). The model combines gravitational information from
GRACE with surface data and is complete to spherical harmonic degree and
order 2160. The field model was downloaded from the International Centre
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for Global Earth Models (ICGEM) website 3. The default degree n and order
m for the gravitational harmonics are set to 10 for the simulations performed
in this paper.
The computation of the perturbing acceleration due to atmospheric drag is
based on the Naval Research Laboratory’s Mass Spectrometer and Incoherent
Scatter Radar of year 2000 (NRLMSISE-00) model (Picone et al., 2002).
This model includes the anomalous oxygen component together with Helium,
atomic and molecular Oxygen, atomic and molecular Nitrogen, Argon, and
Hydrogen. The model requires as inputs the solar and geomagnetic activity,
geodetic altitude and latitude, longitude, year, day, and time of day in UT.
Solar and geomagnetic data are read from up-to-date space weather files that
are automatically downloaded from CelesTrack 4.
The gravitational attraction of the Sun and the Moon is based on NASA
JPL’s DE405 ephemeris (Standish, 1998). The same ephemeris model is used
to account for the contribution due to solar radiation pressure. The spherical
assumption is made for the spacecraft, thus the the resulting acceleration is in
the direction of the Sun-satellite vector. Dual-cone shadow model is adopted.
3. MOPSO
Population-based optimizers can be easily modified to deal with a vector of
objective functions delivering the entire set of Pareto optimal solutions. Fur-
thermore, particle swarm optimization seems particularly suitable for multi-
objective optimization mainly because of the high speed of convergence that
the algorithm presents for single-objective optimization (Kennedy and Eber-
hart, 2001). In a multi-objective optimization problem the objective function
is a M dimensional vector
f(x) = (f1(x), f2(x), . . . , fM(x)) . (1)
In this frame, a criterion to compare vectors is necessary to identify the
optimal solution set. The Pareto dominance is the appropriate criterion to
serve this aim, enabling the solutions ranking (Deb, 1999).
The MOPSO implemented for the solution of the problem at hand is based
on the following algorithmic flow (Armellin and Lavagna, 2008):
3http://icgem.gfz-potsdam.de/ICGEM/
4http://celestrak.com/SpaceData/SpaceWx-format.asp
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1. Randomly initialize, within the search space, N individuals or particles
xi and set to the same value each personal best solution , i.e. pi,best = xi
2. Evaluate the objective function
yi = f(xi) for i = 1, . . . , N. (2)
3. Update the personal best solution pi,best. The solutions are compared
using the Pareto dominance criterion. Thus, for each particle i, with
i = 1, . . . , N we have
pi,best =

xi if xi dominates pi,best
pi,best if pi,best dominates xi
xi or pi,best randomly in the other cases
. (3)
4. Update global best list Gbest. In the multi-objective problem Gbest is
the analogous of the scalar global best gbest and it represents the entire
set of non-dominated solutions. This list is updated by processing the
subset of non-dominated solutions xj with j = 1, . . . , N
∗ ≤ N
• If xj is dominated by one of the solution belonging to the list, do
not updated the list
• If xj dominates one or more solutions belonging to the list, then
add xj to the Gbest list and delete the dominated solutions
• If xj neither dominates nor is dominated by any solution belonging
to the Gbest list, then simply add xj to the list
5. Update the global best solution gbest. Note that the gbest is univocally
defined for a scalar objective function, whereas it must be opportunely
chosen within the Gbest list in the multi-objective case. The selection
of the gbest plays a key role in obtaining a uniform set of Pareto opti-
mal solutions. For this purpose a uniform 30 cells grid in the objective
space is defined at each iteration and the number of solutions belonging
to each grid cell is calculated. Based on this number, a roulette-wheel
method is then applied to promote the selection of gbest in a low pop-
ulated grid-cell.
6. Compute the new particles position by
xk+1i = x
k
i + v
k+1
i ∆t for i = 1, . . . , N, (4)
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in which vk+1i is the velocity of the i-th particle at the (k+1) iteration,
given by
vk+1i = w
kvki + c1r
k
1
xki − pi,best
∆t
+ c2r
k
2
xki − gbest
∆t
. (5)
7. Repeat 2-6 until the convergence criterion is satisfied or the maximum
number of iterations is reached.
The parameters c1 and c2 of Eq. (5) are considered constant and equal to 2
during the optimization, assuring a balance between local and global terms.
A linear decrease of the inertia wk with the iteration number in the interval
[0.4, 1.4] is adopted. In particular a greater value of the inertia enables a
better exploration of the search domain in the first phase of the optimization,
whereas a lower value allows a better analysis of the most promising areas of
research space in the subsequent phases. Finally rk1 and r
k
2 are two random
numbers in the range [−1, 1], and ∆t is set equal to 1. Note that if the
position of a particle goes outside the search space, the violated component
of the decision vector takes the value of the corresponding boundary and its
velocity component is multiplied by a random number between [−1, 0].
The maximum numbers of particle belonging to the Gbest is fixed to 100
units. The same procedure adopted for selecting the gbest is used to delete
those solutions belonging to a highly populated grid-cell, if the maximum list
size is exceeded.
The convergence criterion adopted is based on the comparison of the av-
erage position of the non dominated solutions in the objective space with the
same average position of the previous 20 iterations. If the component-wise
difference of this two vectors is lower than 1% (or a maximum number of
iterations is reached) the Pareto set of optimal solutions is assumed to have
been found.
4. Disposal options optimization
The mathematical formulation of the problem is simple. We consider a
spacecraft with known physical parameters (i.e. area to mass ratio, drag co-
efficient and reflectivity), state (either orbital parameters p0 or position and
velocity vectors r0 and v0) at EoL epoch t0, and available ∆Vmax. The goal is
to optimize a single impulsive disposal maneuver, defined by (∆V, α, δ) and
the execution epoch t. Thus, using the notation of Sec. 3, the optimization
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vector is x = (∆V, α, δ, t) or x = (α, δ, t), when it is assumed that all the
onboard propellant is used. The angles α ∈ [0, 2pi] and δ ∈ [−pi/2, pi/2] define
the direction of the maneuver in a reference frame where x and z axis are
aligned with the velocity and angular momentum vectors respectively. The
execution epoch t has to belong to the EoL disposal window, i.e. t ∈ [t0, tf ].
The spacecraft state at any instant in the disposal window is obtained
by interpolation of the spacecraft trajectory computed oﬄine with AIDA,
starting from the known initial conditions at t0. After the application of the
maneuver the spacecraft state is propagated forward with the SA propagator
described in Sec. 2.1. The osculating orbital parameters after the maneuver
are considered as the initial conditions for the semi-analytical propagator,
i.e. we do not average the initial conditions.
Two options for EoL are considered in this paper: re-entry in Earth’s
atmosphere and injection on graveyard orbits. Details on the design of these
two strategies are given in the following two sections.
4.1. Earth re-entry
To obtain Earth re-entry the EoL maneuver has to trigger a long-term
increase of the eccentricity, such that pericenter radius gets inside the Earth’s
atmosphere. Thus, after maneuver execution, the long-term evolution of
the pericenter altitude hp has to be monitored until the occurrence of such
situation is verified.
This re-entry strategy is inherently uncontrolled, as the time from ma-
neuver to re-entry is typically long (years) and is impractical to keep the
spacecraft operative for such a long time. From guidelines (IADC, 2007)
uncontrolled Earth re-entry is allowed only when the associated casualty risk
is lower than 1 in 10,000. This does not constitute a limitation for small
spacecraft as the associated casualty area is small, and thus the location of
the entry point is irrelevant. On the other hand, large spacecraft are charac-
terized by large casualty area and the constraint on casualty risk can be met
only if the re-entry occurs in low-density populated areas (Janovsky et al.,
2004). As long as the action of drag does not completely circularise the orbit
during the last phase of disposal, it is reasonable to assume that re-entry will
occur in the proximity of the pericenter. For HEO with high orbital energy
this situation is unlikely to happen: the actual re-entry will occur with a lim-
ited number of passages in the atmosphere and drag has the main effect of
reducing the orbital apogee leaving the orbital orientation unchanged. Thus,
by targeting low density populated latitude bands, i.e. above 70◦ north and
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below 55◦ south, a safe uncontrolled re-entry can be implemented for space-
craft of any size as, independently form the re-entry epoch (and thus the
re-entry longitude), the resulting casualty risk will be low.
In the design of re-entry disposal we decide to neglect the effect of atmo-
spheric drag in the SA propagator. Four are the main reasons at the basis
of our decision:
1. The perigee is driven below the decay altitude by luni-solar gravity
only. This approach minimizes the possibility of a complete circular-
ization of the orbit in the real scenario as pointed out by Sharma et al.
(2004). This consideration is especially valid for the high energetic
orbits considered in this work.
2. A robust design is achieved, as drag facilitates the re-entry. Further-
more, solutions with minhp below the Earth’s surface are made possible
and this further increases the robustness of the disposal (e.g. with re-
spect to SA propagation inaccuracies).
3. Although simplified expressions may disclose the main drag effects on
the orbital elements, and in particular in the semi-major axis and ec-
centricity (cf Chao, 1998, Sec. 3.6), no reliable details on the re-entry
phase could be obtained with the SA propagator. This is due to both
the propagation errors accumulated before the drag effect becomes sig-
nificant and the simplifications that would be adopted for drag model-
ing.
4. Within our approach the re-entry details are anyway irrelevant as long
as is it possible to control the re-entry pericenter location and complete
circularization does not occur.
In conclusion, in order to design a safe and robust Earth’s re-entry dis-
posal, we search for a maneuver that simultaneously produces a trajectory
with high latitudes at Earth interface point (EIP, chosen at 120 km of alti-
tude Klinkrad (2006)) and that minimizes the minimum pericenter altitude
minhp achieved in the absence of atmospheric drag.
The optimization of the re-entry disposal is achieved by defining a dy-
namic objective function. For individuals for which in a window of 25
years (arbitrarily chosen as the maximum time window allowed for re-entry)
minhp > hEIP , the performance index is reduced to the scalar f(x) =
minhp. For those solutions that satisfy the constraint on minimum peri-
center height, namely minhp < hEIP , the performance function becomes
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f(x) = (minhp,min |LEIP ±90◦|), in which the second component is the lat-
itude distance of the spacecraft at EIP from the closest the Earth’s pole. In
addition, the optimization vector may include the maneuver ∆V . When this
is not the case then the maximum available ∆V is used, i.e. ∆V = ∆Vmax.
The problem formulation for the design of Earth re-entry is summarized
in Table 1. The objective functions are suitably scaled such that solutions
that satisfy the constraint min hp ≤ hEIP are always Pareto optimal with
respect to those that violate it.
Table 1: Re-entry disposal problem formulation
Condition Objective function
minhp > hEIP f1(x) = minhp
minhp ≤ hEIP f 2a(x) = (minhp,min |LEIP ± 90|)
f 2b(x) = (∆V,minhp,min |LEIP ± 90|)
4.2. Graveyard orbit
The main requirements for a graveyard orbit is to avoid the long-term
interference with both LEO and GEO protected regions. The LEO protected
region is the spherical region that extends from the Earth’s surface up to an
altitude of 2,000 km, whereas the GEO protected region is the segment of
the spherical shell defined by
rGEO − 200 km ≤ r ≤ rGEO + 200 km
and
−15◦ ≤ L ≤ 15◦,
in which r is the radius of the orbit, rGEO is the radius of GEO, and L orbit
latitude (Klinkrad et al., 2004).
During mission lifetime the class of HEO missions considered in this paper
does not have interference with LEO protected regions while intersections
with GEO protected regions regularly occur as shown by Fig. 2. As already
mentioned, after EoL, HEO missions can experience interference with LEO
protected region and even uncontrolled Earth re-entry. Thus, the primary
goal of a graveyard design is to eliminate this possibility, by ensuring that
the constraint hp > 2000 km is always satisfied (within this context “always”
is approximated by 100 years). As for the GEO interference, this is typically
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impossible to be avoided due to limited propellant available at end of the
mission. Nevertheless, it has to be stressed that this does not represent a
criticality as the integral permanence in the GEO region is anyway limited,
and thusly the collision probability is low.
(a) Single intersection (b) Double intersection
Figure 2: Geometry of intersection between HEO and GEO.
Based on these considerations two options for the design of graveyard
disposal are considered. The first one aims at maximizing the minimum
pericenter altitude, obtaining the safer option for LEO intersection. In the
second one the goal of the design is to avoid LEO interference and to minimize
the eccentricity excursion ∆e in the 100 years window (as already suggested
in Colombo et al. (2014b)). This approach should promote the design of
more stable graveyard orbits. It is worth remarking that the graveyard option
leaves the spacecraft in orbit and thus should be considered only when Earth’s
re-entry is not feasible. For this reason this solution should be investigated
only when the available propellant is very low, and thus ∆V minimization is
always considered.
The problem formulation for the design graveyard orbits can be summa-
rized as in Table 2. Note that also in this case a dynamic objective function
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is considered, such that the actual objective functions are evaluated only for
those solutions that avoid LEO protected regions.
Table 2: Graveyard orbit design formulation
Condition Objective function
minhp ≤ hLEO f1(x) = −minhp
minhp > hLEO
f 2a(x) = (∆V,−minhp)
f 2b(x) = (∆V,∆e)
5. The case of INTEGRAL
INTEGRAL is a space observatory to simultaneously observe objects in
gamma rays, X-rays and visible light. Its principal targets are violent explo-
sions known as gamma-ray bursts, powerful phenomena such as supernova
explosions, and regions in the Universe thought to contain black holes. IN-
TEGRAL was successfully launched by a Proton rocket on 17 October 2002
from the Baikonur Cosmodrome in the Republic of Kazakhstan. The INTE-
GRAL operational orbit is a 72-hour orbit with an initial perigee height of
9000 km and the apogee height of 153600 km (Jensen et al., 2003). This
nominal orbit allows i) to maximize the time spent outside the radiation belt
around the Earth to provide a stable environment for the scientific observa-
tions, ii) to minimize the thermal drift and thermal/mechanical stress of the
detectors and electronics, which is important for the instrument calibration,
thanks to the short eclipse period (about 1.8 h), iii) to guarantee an optimal
coverage pattern from the ground stations. The dry mass of the spacecraft is
3414 kg, and the launch mass was 3954 kg. The spacecraft is equipped with
4× 20 Newton hydrazine thrusters with 235 s of specific impulse.
In the simulation we assume an average spacecraft area-to-mass ratio of
0.009 kg/m2, with a drag coefficient CD = 2.2 and reflective coefficient CR =
1.3 (this last value is based on the reflective properties of typical spacecraft
surfaces, as listed in Montenbruck and Gill (2000)). These values are used
for the high fidelity propagation of the spacecraft orbit within the disposal
window.
5.1. Problem definition
INTEGRAL nominal mission lifetime was 5 years. Several mission ex-
tension requests have been granted, and INTEGRAL mission operations are
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currently funded until 31 December 2014. On June 2014 a further extension
has been granted up to December 2016, subjected to mid-term confirmation,
in late 20145. In our study, the disposal window is limited by t0 =1 January
2015 and tf = 30 June 2017, to include the possible need of anticipating the
EoL maneuver due to unplanned events.
As for October 2012 the available propellant was 110 kg, with estimated
consumption of 0.6 kg/month (Winkler, 2012). The available ∆Vmax at a
given date within the disposal window is estimated with the rocket equa-
tion assuming a daily consumption consistent with the reported monthly
consumption. (Of course this is an approximation because station keeping
maneuvers are not performed daily, but this is not relevant for the output of
our study.) An almost linear decay is obtained ranging from 62.3 m/s at t0
to 52.3 m/s at tf .
The set of classical orbital parameters (a, e, i,Ω, ω, ϑ) at t0 are
p0 = (87767.8295 km, 0.8269, 54.6520
◦, 228.9054◦, 257.7371◦, 249.0688◦).
This initial condition was obtained by propagating forward in time the space-
craft ephemerides provided by the European Space Agency at March 7, 2014.
Figure 3 shows the natural evolution of INTEGRAL pericenter altitude for
100 years obtained with the SA propagator. The horizontal dashed line rep-
resents the LEO protected region, which is violated in three windows within
the 100 years. (It worth mentioning that long-term evolution is highly sen-
sitive both to force modeling and model parameters, and this can result in
either the presence or absence of the last LEO interference, as shown by
Di Mauro et al. (2013)). The gray areas indicate the interference with the
GEO protected region, as defined in Sec. 4.2. Note that up to 2025 the
trajectory integration is performed both with the SA propagator and with
AIDA (thick gray line). The two solutions have a difference always lower
than 83 km in this window, showing that relevant perturbations are included
in the SA propagator and it its accuracy is enough to allows us to use it in
the preliminary design of disposal maneuvers.
5.2. Earth re-entry
Two sets of simulation are performed to analyse the Earth’s re-entry. In
the first set the objective function f 2a(x) of Table 1) is used, with ∆V =
5http://sci.esa.int/director-desk/51944-esa-science-missions-continue-in-overtime
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Figure 3: Natural evolution of INTEGRAL pericenter altitude for 100 years
∆Vmax and ∆Vmax depending on the disposal date. As the nominal INTE-
GRAL orbit has the perigee in the southern hemisphere, a re-entry as close
as possible to the south pole is sought for. The disposal window is split in
semesters and the optimal maneuver is searched in the first month of each
semester. For each simulation a maximum number of iterations of 100 and
a 120-particle swarm are considered.
The six Pareto fronts obtained are plotted in Fig. 4. Results show that an
earlier implementation of the maneuver enables more robust and safe dispos-
als, as lower values of minhp and re-entry latitudes are possible. This result
is due to both a favourable orbital configuration and the more propellant
available onboard. Note that in almost all cases the minimum pericenter
radius in below the Earth’s surface, and this is possible as the drag is ne-
glected and the integration procedure does not establish difference for parts
of orbits inside the Earth. Although they have no physical meaning, nega-
tive values of the pericenter radius are relevant to select those solutions for
which the re-entry would be, in the real scenario, more driven by luni-solar
perturbations.
For all the Pareto optimal solutions, the two sets of figures 5 and 6 show on
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Figure 4: Pareto optimal solutions for INTEGRAL de-orbiting strategy using maximum
available propellant.
the left the evolution of eccentricity and argument of pericenter (with respect
to a line of nodes computed in the Earth-Moon plane) and on the right the
perigee altitude profile. The dashed line represents the natural evolution of
INTEGRAL orbital parameters. The gray scale is used to distinguish the
different disposal options. The darker lines highlight solutions with lower
minhp and LEIP closer to the equator. For all the simulations presented the
EIP is reached in the window Sep 2028 – July 2029.
As highlighted in the e− 2ω plots all the solutions are characterized by a
decrease of eccentricity. This is in agreement with the qualitative behaviour
described by Kozai (1962) and later highlighted by Colombo et al. (2014a) in
the design of HEO missions disposal: points at low eccentricities experience
an increase in the long-term eccentricity growth if the eccentricity is further
reduced. On the other hand, hp plots show that the initial perigee altitude re-
mains almost unchanged. This means that in all cases the disposal maneuver
reduces both semi-major axis and eccentricity. A careful analysis of the post-
maneuver highlights that the ∆V mainly causes variation in a, e, and ω. For
example, in the Jan 2015 window, the EoL maneuver produces variation of
the orbital parameters in the following ranges: ∆a ∈ [−13914.40,−13170.41]
16
km, ∆e ∈ [−0.029,−0.033], ∆i ∈ [−0.02, 0.018] deg, ∆Ω ∈ [−0.036, 0.052]
deg, and ∆ω ∈ [−0.982, 0.508] deg. With the exception of the disposal win-
dow of June 2016, all the Pareto fronts include at least a disposal option
close to a pure apogee decrease maneuver. But it is worth mentioning that
optimal solutions in which the maneuver is applied at true anomalies up to
almost 90 deg are present too. As a last remark note that other re-entry
options are possible (as in Colombo et al. (2014a)), but these are not Pareto
optimal in our formulation of the problem.
Figure 7 reports the Pareto optimal solutions when also ∆V is included
in the performance index (objective function f 2b in Table 1) for the Jan
2015 window. In this case 150 iterations and a 250-particle population are
used to achieve a converged Pareto front. The solutions are plotted in the
plane of minhp and LEIP , while the area of the discs is proportional to the
∆V . The gray discs represent the Pareto optimal solutions found in the
same disposal window using ∆Vmax (data taken from Fig. 4). This figure,
combined with Fig. 4 further highlights the impact of ∆V availability on
solution robustness (minhp) and safety (solutions closer to the south pole).
Re-entry solutions are possible for as low as 26 m/s, as long as the reduction
in disposal robustness and safety are acceptable.
In Fig. 8 the evolutions of e, 2ω, and hp are plotted for all the Pareto
optimal solutions. In this case lighter gray lines indicate solution with lower
minhp and typically higher ∆V . As for the case of ∆Vmax the disposal
maneuver almost leaves the pericenter altitude unchanged, and the most
significant variations are in a, e, and ω.
5.3. Graveyard orbits
The graveyard disposal options are presented for the Jun 2017 window
only, when the re-entry disposal might becomes less safe and robust. The so-
lutions obtained with the performance index f 2a(x) of Table 2 are presented
first.
From Fig. 9(a) it can be seen that the minhp is almost a linear function
with the disposal ∆V . Disposal options that avoid the LEO protected region
for the 100 year window can be obtained with less than 40 m/s, but with
a safety margin limited to approximately 150 km. In Fig. 9(b) and 9(c)
the evolution of hp, e and 2ω (with respect to a line of nodes computed in
the Earth-Moon plane) are plotted. Darker curves indicate more expensive
solutions with higher minhp. It is clear that the maneuver is used to magnify
the effect of third-body perturbation, triggering a large variation (decrease)
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Figure 5: INTEGRAL de-orbiting options with maximum available propellant in the win-
dow Jan 2015 – Jan 2016.
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Figure 6: INTEGRAL de-orbiting options with maximum available propellant in the win-
dow Jun 2016 – Jun 2017.
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Figure 7: Pareto optimal solutions for INTEGRAL de-orbiting strategy with ∆V mini-
mization for Jan 2015. Discs’ area is proportional to the disposal ∆V , which lies in the
range [26.03, 62.14] m/s.
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Figure 8: INTEGRAL de-orbiting options with with ∆V minimization for Jan 2015.
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Figure 9: INTEGRAL graveyard strategy with minhp maximization for Jun 2017.
of orbital eccentricity around the middle of the propagation window. Figure
9(d) shows that this produces the additional advantage of minimizing the
intersections with GEO protected regions, as the orbital perigee raises above
GEO altitudes.
As for the re-entry option the disposal maneuver mainly produces varia-
tions in a, e and ω. But in this case an increase in all these orbital parameters
is achieved. The orbital parameters variations produced by the EoL maneu-
vers in this case are: ∆a ∈ [12221.79, 13040.89] km, ∆e ∈ [0.018, 0.020],
∆i ∈ [−0.159, 0.004] deg, ∆Ω ∈ [−0.006, 0.122] deg, and ∆ω ∈ [0.280, 1.088]
deg. The EoL maneuver is applied in a range of θ ∈ [12.25, 72.24] deg. Note
that as the initial hp is left essentially unchanged by the maneuver, solu-
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tions with a larger increase in a are also characterized by a larger increase of
e. Furthermore, solutions with lower ∆V are those closer to a pure apogee
increase.
Finally the results with performance index f 2b(x) of Table 2 are presented
in Fig. 10. Also in this case an almost linear dependence of ∆e with ∆V can
be identified, and feasible solutions appear around 40 m/s. Lighter curves
in Fig. 10(b) and 10(c) indicate solutions with smaller ∆e and thus higher
∆V . From these two plots it can be seen that the disposal solutions are much
more closer to the natural motion of INTEGRAL with respect to the minhp
maximization case. This is mainly due to the low ∆V available that prevents
any significant long-term stabilization of the eccentricity. Furthermore, it has
to be noticed that the solutions get very close to the altitude limit of 2000
km, and that no-significant impact on GEO interference is achieved, as shown
in Fig. 10(d). Thus, for INTEGRAL disposal in graveyard orbit, the minhp
maximization option is preferable.
5.4. Trajectory verification
This work presents a method for the preliminary design of EoL for HEO
missions. The aim of this section is to assess the validity of the approach by
verifying some of the disposal options (designed with the SA propagator) with
the high-fidelity propagator AIDA. It has to be remarked that the solutions
presented here are preliminary in the sense that, in a real scenario, an in-
depth verification shall be carried out including sensitivity analyses to model
parameters and considering possible additional operational constraints (e.g.
on ∆V implementation). This further assessment falls outside the scope of
the present study.
The first analysis deals with the re-entry option. All the Pareto optimal
solutions of Figure 4 are re-run using AIDA. The trajectory propagation is
stopped when the spacecraft reaches a geodetic altitude of 78 km, where the
fragmentation is likely to occur (Klinkrad, 2006).
The main results are summarized in the Table 3. Two main findings
deserve to be highlighted:
1. For all the Pareto optimal solutions the spacecraft re-enters in the
Earth’s atmosphere (i.e. reaches the 78 km altitude limit): this proves
that our selection of the dynamical model (SA propagator without
drag) produces effective and robust solutions.
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Figure 10: INTEGRAL graveyard strategy with ∆e minimization.
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Table 3: Re-entry option verification with AIDA
Window Re-entry latitude [deg] Re-entry eccentricity [–]
range mean range mean
Jan 2015 [-70.82, -54.42] -59.69 [0.013, 0.821] 0.239
Jun 2015 [-65.11, -53.70] -58.47 [0.023, 0.417] 0.176
Jan 2016 [-56.17, -47.87] -54.60 [0.094, 0.873] 0.408
Jun 2016 [-63.41, -50.39] -55.66 [0.022, 0.860] 0.494
Jan 2017 [-53.94, -47.87] -50.89 [0.103, 0.873] 0.723
Jun 2017 [-57.86, -46.59] -50.49 [0.057, 0.864] 0.561
2. The trend of the mean re-entry latitudes computed with AIDA is in
agreement with that of the design phase, as shown by comparing the
results of Table 3 with Figure 4.
Two further observations for the second point are necessary. The veri-
fication performed with AIDA is stopped at a geodetic altitude of 78 km,
whereas in the design phase the LEIP is computed at an altitude of 120 km.
In addition is some cases (11.76% of the tested cases), the eccentricity at the
re-entry gets lower than 0.1 (with absolute minimum of 0.013). These two
aspects are important for explaining the absolute difference in the re-entry
latitude between the design disposals and the verified ones (although the
mean trend is confirmed and full circularization does not occur).
Figure 11 shows the terminal phase of the solutions that produce the
most and least southern re-entry, respectively. In the ground-track figures
the trajectory is plotted for the last day before re-entry only, whereas in
the inertial plots the entire phase when the effect of drag becomes relevant
is represented. The first solution belongs to the Pareto front of Jan 2015
and is characterized by a re-entry eccentricity of 0.209 and a final inclination
of 77.22 deg. The solution with the least southern re-entry belongs to the
Pareto front of Jun 2017 and has a final eccentricity of 0.057. This low value
of eccentricity, together with a re-entry inclination of 66.71 deg, produces a
re-entry latitude of -46.56 deg.
In conclusion, it can be stated that, although the orbital evolution is
difficult to predict when the effect of the atmosphere becomes relevant, a
complete circularization of the orbit is improbable, allowing us to target the
re-entry in the southern regions of the globe.
Finally, Fig. 12 presents the verification of the disposal on the graveyard
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Figure 11: INTEGRAL re-entry disposal verification.
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Figure 12: Comparison between high accuracy model (AIDA) and SA propagation for
graveyard solution of Fig. 9(d).
orbit plotted in Fig. 9(d). As can be seen, SA propagator accurately pre-
dicts the orbital evolution of the spacecraft for the first 30 years. Sensible
differences occur after, due to the larger role of Moon’s gravitational per-
turbation. If this on one side is an indicator that a higher order theory for
Moon potential could be beneficial, on the other side confirms that SA can
be profitably used also for graveyard orbit design. In fact the SA propagator
allows us to efficiently explore the problem’s huge search space and has an
accuracy compatible with the preliminary design of disposal maneuvers.
6. Conclusion
In this paper a method to preliminary design disposal maneuvers for HEO
missions has been presented. The long-term effect of orbital perturbations are
exploited to design both Earth’s re-entry trajectories and graveyard orbits.
The problem is formulated as a multi-objective optimization problem solved
by means of a multi-objective particle swarm optimizer. In order to limit the
computational effort, i.e. to make the approach computationally feasible, a
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semi-analytical propagator, capable of propagating a trajectory for 100 year
in few seconds (2–3 orders of magnitude faster than AIDA), is employed.
The drivers of the proposed approach are robustness, safety, and propel-
lant consumption. For the re-entry disposal option, this led us to search for
solutions with minimum pericenter altitude and re-entry latitudes close to
the Earth’s poles. The maximization of the minimum pericenter altitude or
orbit stability were set as the goal for graveyard orbits design.
The disposal of INTEGRAL spacecraft was used as test case throughout
the paper, for which realistic disposal windows and values of available propel-
lant were used. The results show that INTEGRAL re-entry option is feasible,
although safer and more robust opportunities would require a disposal in the
first phase of the considered disposal window (2015–2017). Graveyard dis-
posal is always feasible. The approach based on the maximization of the
minimum pericenter altitude revealed to be preferable as it allows also the
reduction of GEO protected region interference.
Our conclusion is that the proposed approach can be used for the prelim-
inary design of disposal maneuvers taking advantage of long-term effect of
orbital perturbations. Nevertheless, the solutions still need to be verified in
a high accuracy dynamical model during the detail design of the disposal.
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